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Abstract

This paper presents the design of POWER (Platform for Orbital Wireless Energy Recharge), a 3U
CubeSat mission developed to demonstrate microwave-based Wireless Power Transfer (WPT) in Low
Earth Orbit. Aligned with UN Sustainable Development Goal 9, the mission addresses the critical
limitation of satellite operational lifetimes imposed by onboard energy reserves, proposing a sustain-
able paradigm for in-orbit servicing. The project is the result of a multinational collaboration among
four European universities (Naples Federico II, UPM Madrid, ENSEEIHT Toulouse, and IST Lisbon).
The spacecraft architecture features a novel deployable payload system that separates a receiving
module from the main bus while maintaining mechanical constraints, thus enabling controlled WPT
experiments without the risks associated with autonomous formation flying. The payload integrates a
custom-designed 5.2 GHz patch antenna array and a high-power density supercapacitor storage bank,



optimized to deliver high-current bursts required for transmission. This study details the mission anal-
ysis, subsystem design, and performance budgets, validating the feasibility of using compact CubeSat
platforms to test technologies essential for future space-to-space energy distribution networks.
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1 Mission Description

This section outlines the primary operational
framework of the POWER mission. It details the
scientific objectives driving the system design,
the alignment with international sustainability
frameworks, and the comprehensive timeline from
development to end-of-life disposal.

1.1 Mission Objective

POWER is a CubeSat in-orbit demonstration
mission designed to investigate the feasibility of
Wireless Power Transfer (WPT) between orbit-
ing platforms. The primary objective is to validate
the transfer of electrical energy in space, laying
the foundation for future service satellites capa-
ble of recharging on-orbit assets. Such a capability
would enable satellites to operate beyond their
nominal lifetimes, reducing premature mission ter-
mination and contributing to a more sustainable
use of the orbital environment by limiting the gen-
eration of space debris. POWER is conceived as
a 3U CubeSat mission, specifically focused on the
demonstration of space-to-space wireless energy
transfer adopting a microwave-based approach,
a technology that remains largely confined to
experimental and research applications.

Fig. 1: POWER Mission Logo

At the current state of the art, the only in-
space demonstrated heritage for microwave-based

WPT is provided by the Caltech Space Solar
Power Demonstrator-1 (SSPD-1), which included
the MAPLE (Microwave Array for Power-transfer
Low-orbit Experiment) payload. MAPLE success-
fully demonstrated that lightweight and flexible
phased arrays are capable of transmitting power
in the space environment, while also enabling an
initial assessment of their performance and limi-
tations. However, MAPLE was implemented on a
6U CubeSat architecture and operated as a hosted
payload aboard the Vigoride-5 orbital transfer
vehicle, relying on the host spacecraft for key
subsystems such as attitude control, communica-
tions, and power supply [1]. In contrast, POWER
represents a clear advancement over the current
state of the art, as it is conceived as an indepen-
dent nanosatellite mission dedicated exclusively to
the demonstration of microwave-based space-to-
space wireless power transfer, without reliance on
a larger host platform.

Within the project, supercapacitors are
adopted as a secondary energy storage system
alongside conventional batteries. Supercapacitors
are characterized by their ability to deliver energy
significantly faster and with higher power den-
sity than traditional lithium-based batteries, while
storing more energy than conventional capacitor
[2]. Despite these advantages, several challenges
remain, including lower overall energy density,
voltage limitations, and a lower level of technolog-
ical maturity compared to batteries. Nevertheless,
as highlighted by the European Space Agency
[3], supercapacitors are already being tested in
space missions, demonstrating their strong poten-
tial for future high-power space applications. From
an operational standpoint, the mission is con-
strained by the deployment of a single space seg-
ment, which precludes the launch and operation
of two independent spacecraft. At the same time,
the demonstration of wireless power transfer in
orbit inherently requires precise relative position-
ing and stable face-to-face alignment between the



transmitting and receiving elements. To accommo-
date both the mission constraint and the physical
requirements of microwave power transmission,
POWER adopts a deployable module architecture
in which a sub-module separates from the main
3U chassis after orbital insertion while remain-
ing mechanically constrained through a guiding
rail system. The module remains physically con-
nected, as achieving and maintaining the required
alignment through autonomous rendezvous and
docking would introduce excessive complexity and
risk, particularly at the nanosatellite scale. This
configuration avoids the excessive complexity and
risk of autonomous rendezvous and docking at
the nanosatellite scale, enabling a controlled rel-
ative displacement while preserving the necessary
alignment for the in-orbit demonstration.

1.1.1 Sustainable Developement Goals

The POWER mission is inherently aligned with
the United Nations 2030 Agenda for Sustainable
Development [4], utilizing technological innova-
tion to promote a more efficient and responsi-
ble use of the orbital environment. The project
primarily supports SDG 9 (Industry, Innova-
tion, and Infrastructure) by validating a novel
wireless power transfer (WPT) architecture that
integrates microwave-based transmission with
advanced supercapacitor storage, thereby promot-
ing the development of resilient space infras-
tructure and enabling a transition from ”dispos-
able” satellite paradigms to a more sustainable
model of in-orbit servicing. This effort natu-
rally extends to SDG 7 (Affordable and Clean
Energy), as the optimization of energy distri-
bution through supercapacitors explores high-
efficiency power management systems with poten-
tial spin-off applications for remote or wireless
energy grids on Earth. Furthermore, by enabling
in-orbit recharging and extending the operational
lifespan of spacecraft, the mission directly con-
tributes to SDG 12 (Responsible Consumption
and Production), advocating for a circular space
economy that reduces the frequency of replace-
ment launches and mitigates the accumulation of
space debris. This reduction in launch frequency
also aligns with SDG 13 (Climate Action) by low-
ering the carbon footprint associated with space
access, while simultaneously serving as a techni-
cal precursor for future Space-Based Solar Power

(SBSP) systems critical for global carbon neutral-
ity. Finally, the mission embodies SDG 17 (Part-
nerships for the Goals) through its multi-sectoral
collaboration between academia, industry, and
institutional stakeholders, facilitating the knowl-
edge transfer necessary to advance international
frameworks for sustainable space innovation.

1.2 Mission Phases and Mission
Timeline

The POWER mission is scheduled for launch on
15 January 2030, with a nominal operational
lifetime of one year. The mission lifecycle is struc-
tured into the following phases, following standard
space project management frameworks:

e Phase A - PRE-DESIGN (September 2025-
January 2026): The mission objectives were
defined in alignment with UN Sustainable
Development Goal 9 (Industry, Innovation, and
Infrastructure). During this phase, the eco-
nomic and technological feasibility was assessed,
resulting in the preliminary conceptual design
of the 3U CubeSat.

e Phase B - DEFINITION (January 2026 — June
2027): During this phase, the preliminary design
of the satellite will be developed, and the
optimal satellite configuration will be defined,
including subsystem allocation and preliminary
payload integration.

e Phase C - DETAILED DESIGN (June 2027-
June 2028): The detailed design of the CubeSat
will be carried out, including the selection of
Commercial Off-The-Shelf (COTS) components
for each subsystem, testing of the microwave
antenna designed, refining structural and ther-
mal designs, and preparing for system integra-
tion.

® Phase D - FULL SCALE DEVELOPEMENT
(June 2028-December 2029): The spacecraft will
be assembled and integrated, followed by func-
tional, environmental, and performance testing
to ensure mission readiness.

e Phase E - OPERATIONS (January 2030 —
December 2030)

— El-Launch and Early Orbit Operations (1-2
weeks): Deployment into a Sun-Synchronous
Orbit (SSO) at an altitude of 450 km.
This phase includes detumbling, solar array
deployment, and first contact with the ground



station. Systems checks will be performed to
verify the health of all subsystems.

— E2-Mission Operations and Experiment Exe-
cution (10-12 months): The core experimental
phase follows a cyclical routine: the primary
batteries recharge the supercapacitors for 40
minutes per orbit over four consecutive orbits,
followed by a microwave power transmission
event during the subsequent orbit. While mul-
tiple ground station contacts occur daily, data
exchange is strategically limited to a single
daily pass (approximately every 15 orbits)
to optimize the power budget and stream-
line mission control operations. This window
is used for the downlink of payload telemetry
and experimental results.

— E3-End of mission (January 2031-June 2032):
Following the completion of the primary
objectives, the satellite will enter a decom-
missioning state while its orbit naturally will
decay.

e Phase F - DISPOSAL (June 2032): In strict
compliance with international Space Debris
Mitigation guidelines, the satellite will undergo
atmospheric re-entry and incineration, ensur-
ing no persistent debris remains in the LEO
environment.

1.3 Concept Of Operations
(ConOps)

The Concept of Operations (ConOps) describes
the behavioral logic of the satellite, detailing how
subsystems interact to perform mission tasks. This
step is crucial for identifying critical phases and
driving the design of the On-Board Data Handling
(OBDH) and Electrical Power System (EPS). To
this end, the operational modes defined in this

iteration represent a preliminary approach to the
POWER mission ConOps:

e LEOP (Launch and Early Orbit Phase):
This mode is activated immediately upon space-
craft deployment. Its primary objectives are to
detumble and stabilize the spacecraft, deploy
the solar panels, and establish the first commu-
nication link with the ground station. During
this phase, only platform-critical subsystems
are active.

e SAFE Mode: This contingency mode is trig-
gered autonomously by the On-Board Com-
puter (OBC) in case of critical anomalies (e.g.,
low battery voltage, loss of attitude control).
It prioritizes spacecraft survival by shedding
non-essential loads.

¢ RCG (Recharge): This is the main opera-
tional mode. It assumes the platform bus is
in idle state, while the payload recharges the
Supercapacitors prior to the scientific demon-
stration. The RCG mode is planned to occur
over multiple orbits in order to spread the power
consumption and reduce the load on the power
system.

e SCI (Science Mode): This mode entails
testing the payload capabilities following the
recharge phase. It is worth noting that the
Science Mode relies solely on energy stored
internally within the payload (supercapacitors)
and does not draw power from the satellite’s
primary bus. Consequently, to simplify the rep-
resentation, this mode has not been included in
the power budget in Sec. 2.4.

¢ RCG + DWN (Recharge + Downlink):
This mode mirrors the RCG state but accounts
for the possibility of performing a downlink dur-
ing the payload recharge phase within the same
orbit.

e DPL (Deploy): A one-time operation during
the mission. The payload deployment mech-
anism is activated to prepare for the second
round of payload tests.

The mission execution follows a specific sequen-
tial logic based on these modes. Following the
completion of LEOP, the spacecraft enters the
nominal phase starting with the Payload Charg-
ing sequence (RCG/RCG+DWN), which spans
multiple orbits to manage power loads. Once the
payload is fully charged, the satellite transitions
to Science Mode (SCI) to execute the wireless
power transfer experiment, while simultaneously
acquiring telemetry to verify system performance.

Upon completion of the experiment, the loop
repeats. After a defined number of successful test
cycles in the stowed configuration, the Deploy-
ment (DPL) mode is triggered to extend the
payload structure. The mission then resumes the
charging and testing cycles to characterize the
power transfer efficiency at the increased distance.



Future developments may lead to a refinement
of the system modes and operations.

1.4 Mission Analysis

A Low Earth Orbit (LEO) has been selected for
POWER mission to achieve an optimal trade-off
between the operational lifetime and European
deorbiting regulations. The selection of orbital
parameters is intended to maximize mission per-
formance while ensuring full compliance with
space debris mitigation guidelines.

1.4.1 The Orbit

POWER miission is defined as a scientific demon-
stration; it does not necessitate a specialized orbit
or complex operational requirements, typically
associated with Earth Observation missions. The
design priorities are focused on achieving orbital
simplicity and maximizing the energy collected
by the satellite. Consequently, a Sun-Synchronous
Orbit (SSO) with a 6 a.m. - 6 p.m. local time of
ascending node is the best choice. This type of con-
figuration allows the spacecraft to remain in nearly
continuous sunlight, significantly reducing eclipse
periods and providing a consistent power source
while maintaining control over thermal variations.
For a 6 a.m. — 6 p.m. SSO, the Sun is perpen-
dicular to the orbital plane, optimizing satellite
design: it is possible to make better use of solar
panels, without requiring additional mechanisms
to maximize sunlight exposure.

1.4.2 Orbit Parameters

The satellite will fly at an altitude (h) of 450 km.
Taking into account the Mean Earth Radius (Rg),
the resulting semi-major axis (SMA) corresponds
to the following:

a = h+ Rg ~ 6828 ki (1)

The orbit is nearly circular, so the eccentricity can
be approximated to zero:

ex~0 (2)

)

Taking into account ”ug” as the standard grav-
itational parameter for Earth, the orbital period

can be determined using Kepler’s Third Law:
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The SSO are nearly polar orbits. In this case, the
inclination is equal to 97.2° and the analytical
calculation [5] is provided below.

The first step is to impose the condition that
the orbital plane precesses at the same rate as the
Earth’s revolution rate around the Sun. So, the
angular velocity of the orbit’s precession w, must
equal the angular velocity of the Earth revolution

2

motion around the Sun w, = =Z.

For a circular orbit, w), is calculated as follows:

B 3R%
2a2

wp = Jo Worbit cos(1) (4)
where J5 is the second zonal harmonic of Earth’s
gravitational potential that accounts for the
Earth’s equatorial bulge, approximately 1.082 x
1073,

Equating w, with wp, it is possible to obtain
the inclination from the inverse formula:
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The same value is confirmed by the graph in Fig. 2

[6].
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Fig. 2: Inclination required for an SSO at different
altitudes.



The Right Ascension of the Ascending Node
(RAAN) is functionally dependent on the ini-
tial epoch. Within this preliminary design phase,
orbital injection is assumed to occur on January
1, 2030, at 00:00:00 UTC. Based on this refer-
ence launch date, the RAAN is determined to be
192.36°.

The True Anomaly (TA) and the Argument
of Perigee (AOP) are instead considered equal to
0° at the beginning of the mission. In summary,
the initial orbital parameters are presented in the
table below.

Table 1: Orbital elements sum-

mary.
Parameter Value
Altitude 450 km
SMA 6828.136 km
Eccentricity 0
Inclination 97.2 degrees
RAAN 192.36 degrees
AOP 0 degrees
TA 0 degrees
Epoch 01,/01/2030 00:00:00
Orbital Period 5615.1 s

1.4.3 Mission Lifetime

The mission POWER has the main objective to
be a platform for testing two distinct technologies:
microwave power transmission and the applica-
tion of supercapacitors in a space environment.
Although the primary scientific demonstration for
power transmission is estimated to require fewer
than 15 orbits, approximately equivalent to one
solar day, maintaining the CubeSat in orbit for an
extended duration is considered essential.

A prolonged mission lifetime enables the exe-
cution of numerous demonstrations, facilitating
a comprehensive evaluation of technological effi-
ciency over time and the assessment of degrada-
tion levels resulting from exposure to the space
environment. Furthermore, the European satel-
lite decommissioning standards constitute a pri-
mary requirement. According to the Zero Debris
approach of ESA [7], the deorbiting of the space-
craft must be completed within a five-year period
from the initial mission epoch.

The NASA open-source General Mission Anal-
ysis Tool (GMAT) software has been used to
evaluate the total mission duration. The orbital
parameters were previously defined in Section
1.4.2, while the ballistic parameters are provided
in Table 2.

Table 2: POWER’s ballistic parameters.

Parameter Value
DRY MASS 4.0 kg
DRAG COEFFICIENT 2.2
DRAG AREA 0.01 m?
REFLECTIVITY COEFFICIENT 1.8
SRP AREA 0.09 m?

The chosen dry mass has an average value
between the mass without margins and the mass
with margins indicated in Section 2.4; drag and
reflectivity coeflicients are typical values; drag and
SRP area are evaluated considering the attitude of
the satellite and the area of the solar panels. These
values result in the following Ballistic Coefficient:

Dry Mass 4.0 2
B= = —181.82 k
Cr A~ 22001 \BL82ke/m” (6)

With these parameters, it is estimated that the
CubeSat will experience orbital decay after 1370
days from the launch date, which will occur
on October 1, 2033. This timeframe aligns with
international guidelines and ensures a successful
mission.

Fig. 3 shows the variation of SMA over the
elapsed days, during the entire lifetime.

Fig. 3: SMA during POWER’s decay.



2 Design Definition

This section provides a comprehensive overview
of the POWER spacecraft design, moving from
the high-level system architecture to the detailed
physical configuration. The design strategy priori-
tizes the use of flight-proven Commercial Off-The-
Shelf (COTS) subsystems for the bus, allowing
the development effort to focus on the custom
Wireless Power Transfer payload and its deploy-
ment mechanism. The following subsections detail
the logical interfaces between components, the
mechanical layout in both stowed and deployed
configurations, and the consolidated system bud-
gets (mass and power) that verify compliance with
the mission constraints.

2.1 System description

Fig. 4 presents the block diagram of the system
architecture, illustrating the interfaces between
the various subsystems.

....... : E Ps : - Tcs

STRUCTURE I

PAY (TX)

Power Line
Commands ... >

PAY (RX) |- - Data Line -

Fig. 4: POWER Block Diagram.

It is noteworthy that the Payload architecture
is divided into two distinct modules. The Trans-
mitting Unit (PAY TX) is powered directly by the
EPS throughout the entire mission duration. In
contrast, the Receiving Unit (PAY RX) is powered
by the EPS only during the initial mission phases
and immediately after payload deployment, pri-
marily to execute system integrity checks. Dur-
ing science mode, the Receiving Unit is powered

directly by the power transmitted from the Trans-
mitting Unit. Command uplinks from the OBC
are directed exclusively to the Receiving Unit for
activation purposes. However, in terms of teleme-
try, both payload units interface directly with the
OBC to transmit data lines during the Science
Mode. Regarding the Thermal Control System
(TCS), although the primary analysis focuses on
passive solutions, provisions for power, command,
and data lines have been included. This accounts
for the internal thermal control elements embed-
ded within individual subsystems, such as the
temperature sensors on the OBC or the heaters
integrated into the Battery Pack and allows for the
potential future implementation of thermocouples
on critical components for redundancy.

2.2 Equipment List and Structural
Design

Table 3 presents the components selected for the
POWER spacecraft. The majority of the selected
items are Commercial Off-The-Shelf (COTS)
units, a choice intended to ensure a reliable plat-
form for the payload and mitigate the risk of
system failures. The structural design is based on
a standard 3U CubeSat structure manufactured
by Endurosat.

To fulfill the specific mission objectives, a cus-
tom deployment mechanism has been designed.
This system enables a configuration change, allow-
ing for a second round of experiments with an
increased distance between the wireless power
transmitter and receiver. To facilitate this transla-
tion, the ASN22-130 Deploy Rail [8] (Fig. 5a) was
selected, and a custom mechanical interface (Fig.
5b) was designed to integrate the rail with the pri-
mary satellite structure. The deploy rail connects
directly to the Receiving Payload unit. Both the
receiving and transmitting units are encapsulated
within custom aluminum housings (Fig. 5¢). Fur-
thermore, the receiving housing is equipped with
two A480-029-050 springs [9], which provide the
necessary actuation force for deployment. Prior to
activation, the Receiving Payload unit is retained
in the stowed configuration by a burn wire mech-
anism. Fig. 5d shows the full integration of the
payload structure in a deployed configuration.

To ensure reliable communication between the
Receiving unit and the bus throughout the mis-
sion (in both stowed and deployed configurations),



Table 3: List of Components and Models per Subsystem.

Subsystem Component Model No.
3U Structure 3U Cubesat Structure Endurosat 1
Deploy Rail ASN22-130 2
Structure Mechanism Structure Custom 2
Springs A480-029-050 2
Burn Wire Custom 2
Aluminium Panels Custom 2
Supercapacitor EATON TV1860-3R0107-R 8
Variable Step-Down Reg. LT3971 1
Sync. Boost Converter LTC3789 1
VCO FairView Microwave 1
RF-to-DC (Rectenna) Skyworks SMS7630 1
Payload DC/DC Converter TPS6306x 1
Transmitting Antenna Custom 1
Receiving Antenna Custom 1
Power Amplifier ZVE-18GBX+ 1
Flat Cable Cicoil 1
Receiving Payload Box Custom 1
Transmitting Payload Box Custom 1
ADCS ADCS Box TensorADCS-10m 1
Battery Pack NanoPower BP4 1
PCDU - Dock NanoPower P60 Dock 1
EPS Array Conditioning Unit NanoPower P60 ACU-200 1
Power Distribution Unit NanoPower P60 PDU-200 1
Solar Panels Endurosat Fixed Panel 1
Solar Panels (deployed) Endurosat Dbl Deployable 1
TT&C Transceiver Nanolink SDR S-Band 1
Antenna ISIS Space S-Band TT&C 1
OBDH OBC NanoMind A3200 1
TCS TBD — -

a flat cable from Cicoil [10] is currently under
evaluation. These cables are characterized by high
durability, capable of withstanding tens of millions
of flex cycles and radiation environments, while
operating within a temperature range of -65 °C to
260 °C with low outgassing properties.

The remaining components listed in the table
were selected to support the specific operational
requirements of the POWER mission. A detailed
discussion of the selection criteria for each subsys-
tem is provided in Sec. 3.

2.3 Physical Configuration

Fig. 6 illustrates the satellite in its stowed con-
figuration. Figs. 6a and 6b display all faces of
the 3U CubeSat structure. The face housing the
patch antenna is nadir-pointing, while the top 1U
face corresponds to the Ram-facing side.

Figs. 6¢ and 6d provide a detailed view
of the internal CubeSat configuration. Fig. 6¢
displays the stack from top to bottom, compris-
ing: (1) the TensorTech 10m ADCS module; (2)
the NanoPower P60 System (equipped with PCU,
PDU, and the NanoMind A3200 OBC); (3) the
NanoPower BP4 3000mAh battery pack; and (4)
the NANOIlink SDR S-Band Transceiver.



(b) Structure to rail

(a) ASN22-130 Rail mechanical interface

(¢) Receiving (top) and (d) Section of the deploy
Transmitting  (bottom) mechanism mounted the
boxes primary structure

Fig. 5: Deploy Mechanism

The payload layout can be schematized as
follows: Transmitting Unit (5), Transmitting
Antenna (6), Receiving Antenna (7), and Receiv-
ing Unit (8). Fig. 6d reveals the internal compo-
nents of both the Payload Receiving and Trans-
mitting units.

Finally, Figs. 7a and 7b present render-
ings of the fully deployed satellite, while Fig. 7c
details the configuration of the deployed payload,
highlighting the deployment mechanism and its
interface with the main structure.

The requirement to integrate a deployable
solar array resulted in a configuration that exceeds
the mechanical envelope defined by the standard
CubeSat Design Specifications (CDS). While the

(a) Stowed configuration (b) Stowed configuration
front back

Cl ?_le P

M
(8)

=

(c) Satellite details (d) Payload Detailed view

Fig. 6: POWER Satellite views: stowed configu-
ration and internal details.

CDS limits protrusions on the X and Y faces to 6.5

m [11], the EnduroSat Double Deployable Solar
Panel creates a protrusion of 9.6 mm. This devi-
ation renders the satellite incompatible with the



(a) Deployed configura- (b) Deployed configura-
tion: front tion: back

(c) Payload deployed view

Fig. 7: POWER Satellite views: Deployed config-
uration and Payload details.

majority of standard Commercial Off-The-Shelf
(COTS) deployers.

Furthermore, the TensorTech 10m module pro-
trudes from the Z-face of the CubeSat structure
by approximately 32 mm, necessitating a deployer
compatible with the so-called "Tuna Can’ volume
extension.

Despite these geometric constraints, the
POWER configuration remains compatible with

10

Fig. 8: Gauss Srl GPOD CubeSat Deployer

specific deployment systems, such as the GPOD
manufactured by GAUSS Srl [12]. The GPOD is
designed to accommodate lateral protrusions of up
to 10 mm and provides an additional clearance of
36 mm along the Z-axis, effectively supporting the
proposed 3U+ configuration.

2.4 System Budgets

In order to mitigate development risks, it is essen-
tial to identify and monitor the available margins
at the system level. To this end, the IDM-CIC [13]
tool was used to derive the Mass and Power bud-
gets, allowing for a consolidated view of resource
consumption. In accordance with the ESA 10D
CubeSat Margin Policy [14], margins have been
applied to each individual component based on
its maturity. Additionally, an extra 8% has been
added to the mass budget to account for the har-
ness, following the ESA Margin philosophy for
science assessment studies [15]. Finally, a 20% sys-
tem margin has been included to account for the
preliminary phase of the project.

Mass Budget

The computed mass budget is presented in Fig.
9. As illustrated, the total mass remains signifi-
cantly below the maximum allowable limit for a
3U CubeSat, even when accounting for the system
margin.

Power Budget

The Power Budget (Fig. 10) analysis computes
the average power consumption by applying the
Duty Cycle to each component over a typical
orbit. The RCG + DWN mode has been identi-
fied as the sizing case due to its frequency and
high power consumption; therefore, it was used for
the preliminary estimation of the satellite power
system in Chapter 3.4.



Mass Budget

Configuration : [ Reference |

n—-.--.
. Umt
.-_-----

Y Subsystem PAY ] 17.80% 22.12%
Supercap. EATON TV1860-3R0107-R 8 0.02 20.00% 0.16 20.00% 0.03 0.19
Variable Step-Dow n Regulator LT3971 1 0.00 10.00% 0.00 10.00% 0.00 0.00
Synchronous Boost Converter LTC3789 1 0.00 10.00% 0.00 10.00% 0.00 0.00
RF-to-DC Conversion Stage Skyw orks SMS7630 1 0.00 10.00% 0.00 10.00% 0.00 0.00
Transmitting antenna 1 0.02 20.00% 0.02 20.00% 0.00 0.03
Receiving antenna 1 0.02 20.00% 0.02 20.00% 0.00 0.03
Pow er Anplifier ZVE-18GBX+ 1 0.10 5.00% 0.10 5.00% 0.01 0.11
Receiving Payload Box 1 0.18 20.00% 0.18 20.00% 0.04 021
Transmitting Payload Box 1 0.23 20.00% 0.23 20.00% 0.05 0.27
DC/DC Converter TPS6306x 1 0.00 10.00% 0.00 10.00% 0.00 0.00
vco 1 0.01 10.00% 0.01 10.00% 0.00 0.01
Totaldry mass without system margin o712 178w 013 084
System margin BN 0c0% 017 101 |
Total wet mass including all margins _
n = S _-.--.
Y Subsystem ADCS 0.50 5.00% 0.02 0.52 13.63%
TensorADCS-10m 1 0.50 5.00% 0.50 5.00% 0.02 0.52
¥ Subsystem PROP | [ ] 0.00 0.00% 0.00 0.00 0.00%
¥ Subsystem TTC ] 0.14 5.00% 0.01 0.15 3.86%
Nanolink SDR S-Band Transceiver 1 0.09 5.00% 0.09 5.00% 0.00 0.09
1SIS Space S-Band Antenna 1 0.05 5.00% 0.05 5.00% 0.00 0.05
¥ Subsystem OBDH [ [ ] 0.02 5.00% 0.00 003 0.66%
NanoMind A3200 1 0.02 5.00% 0.02 5.00% 0.00 0.03
Y Subsystem EPS [ ] 1.03 5.00% 0.05 1.08 28.44%
Battery (NanoPow er PB4) 1 0.26 5.00% 0.26 5.00% 0.01 0.27
PCDU Dock (NanoPow er P60 Dock) 1 0.08 5.00% 0.08 5.00% 0.00 0.08
ACU-200 NanoPow er P60 1 0.05 5.00% 0.05 5.00% 0.00 0.06
PDU-200 NanoPow er P60 1 0.06 5.00% 0.06 5.00% 0.00 0.06
Endurosat Double Deployable Array 1 0.44 5.00% 0.44 5.00% 0.02 0.46
Endurosat Fixed Solar Panel 1 0.15 5.00% 0.15 5.00% 0.01 0.15
¥V Subsystem TCS [ ] 0.00 0.00% 0.00 0.00 0.00%
Y  Subsystem STR ] 113 5.86% 0.07 1.19 31.28%
Endurosat 3U Structure 1 0.34 5.00% 0.34 5.00% 0.02 0.36
Deploy Rail 2 0.17 5.00% 0.34 5.00% 0.02 0.36
Springs 2 0.00 5.00% 0.00 5.00% 0.00 0.00
Mechanism Support 2 0.06 20.00% 0.12 20.00% 0.02 0.15
Aluminum Panel 2 0.01 20.00% 0.03 20.00% 0.01 0.03
Burn Wire 2 0.01 20.00% 0.01 20.00% 0.00 0.01
Harness (8% total mass) 1 0.28 0.00% 0.28 0.00% 0.00 0.28

Total dry mass without system margin . 282 535% 015 2987
System margin __——

Total wet mass including all margins

-----

T W 5
S 000 |0.00% 0,00 |
[Fotatpropelant mass incuding system margin | [
[Fotsl wet mass mciucingaiimargns | |

Fig. 9: IDM Mass Budget.
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View budget by: System structure

[Configuration: Bl 3

System modes | LEOP  RCG | RCG#DWN DPL SAFE

| ¥ |Payload I Y Y D
¥ Subsystem PAY Without margin [W] 0.11102 0.11102 0.11102 0.11102 0
Including margin [W] D ﬂ 0122122 0122122 0122122 0122122 0 0 [ [
'V Supercap. EATON TV 1860-3R0107- Setall Setall Setall Setall Setall
1 Power mode > [NGE N
‘Without margin [W] 0 0 0.11102 0.11102 0.11102 0.11102 [ [
Margin (10%) [W] 0 0 0.011102 0.011102 0.011102 0.011102 [ 0 0 D
Including margin [W] 0 0.122122 0.122122 0.122122 0.122122 0
2 Powsrmum—————
Without margin [W]
Margin (10%) [W] 0 0 0 0 0 0 0 0 0 0
Including margin [W]
Without margin [W]
Margin (10%) [W] 0 0 0 0 0 0 0 0 0 0
Including margin [W]
4 vow-rmoav—————
Without margin [W]
Margin (10%) [W] o o o o o o o o o o
Including margin [W]
s vow-rmod»—————
Without margin [W]
Margin (10%) [W] o o u n o o o o o u
Including margin [W]
Without margin [W]
Margin (10%) [W] o o u u o o o o o o
Including margin [W]
7 w—————
Without margin [W]
Margin (10%) [W] 0 0 0 0 0 0 0 0 0 0
Including margin [W]
e vow-rmadv—————
Without margin [W]
Margin (10%) [W] 0 0 0 0 [ [ [ [ ] ]
Including margin [W] 0 0 0 0 0 0 0 0 0

Powerwnhou margin -

System power margin

tal power including system margi

¥ Subsystem ADCS Without margin [W] 0.83
Including margin [W] 21 21 1.155 1.155 21 21 1.155 1.156 0.8715 0.8715
¥ TensorADCS-10m
Without margin [w1 11 083 083
Margin (5%) [W] D 1 0,1 0,055 0.055 0 1 0 1 0.055 0.055 0.0415 0.0415
Including margin [W] 21 21 1.155 1.155 21 21 1.155 1.156 0.8715 0.8715
¥ Subsystem TTC ‘Without margin [W] 17 17 17 17 1.8419 1.8419 17 17 17 17
Including margin [W] 1.785 1.785 1.785 1.785 1.933995 1.933995 1.785 1.785 1.785 1.785
'¥ Nanolink SDR S-Band Transceiver
Without margin [W] 17 17 17 17 1.8419 1.8419 17 17 17 1.7
Margin (5%) [W] 0.085 0.085 0.085 0.085 0.092095 0.092095 0.085 0.085 0.085 0.085
Including margin [W] 1.785 1.785 1.785 1.785 1.933995 1.933995 1.785 1.785 1.785 1.785
¥ Subsystem OBDH ‘Without margin [W] 04 03 09 08 0.9 08 04 0.3 0.4 0.3
Including margin [W] 0.42 0315 0.945 0.84 0.945 0.84 042 0.315 0.42 0.315
'V NanoMind A3200
1 Power mode >
Without margin [W] 0.4 03 09 0.8 0.9 0.8 0.4 03 0.4 03
Margin (5%) [W] 0.02 0.015 0.045 0.04 0.045 0.04 0.02 0.015 0.02 0.015
Including margin [W] 0.42 0.315 0.945 0.84 0.945 0.84 0.42 0315 042 0315
¥ Subsystem STR Without margin [W] [} [} [ () () 0 0.02 0.02 0 0
Including margin [W] 0 0 0 0 0 0 0.024 0.024 0 ]
'V Burn Wire Setall Setall Set all Setall Setall
1 Power mode >
Without margin [W] 0 0 ) 0 0 0 0.01 0.01 0 0
Margin (20%) [W] 0 0 0 0 0 0 0.002 0.002 0 0
Including margin [W] 0 (] 0 0 0 o 0.012 0.012 [ o
‘Without margin [W] 0 0 [ 0 [ [ 0.01 0.01 ] 0
Margin (20%) [W] 0 0 0 [ 0 0 0.002 0.002 0 0
Including margin [W] 0 0 0 0 0 0 0.012 0.012 0 0

Power without margin
Power including margin
System power margln 20.00%

Duyeyole T
[Towlpowerwithoutanymargn [ 1]
[Total powerwithout systemmargins [
Towlsystempowermargn [\
[Total power inciuding systemmargins |

Fig. 10: IDM Power Budget.
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3 Subsystems Design
Definition

This section details the technical specifications
and design choices for each functional subsys-
tem of the POWER spacecraft. Following the
system-level definition, the analysis proceeds with
a dedicated focus on the custom Wireless Power
Transfer payload, which drives the requirements
for the supporting bus. Subsequent subsections
describe the Telemetry, Tracking, and Command
(TT&C) architecture, the On-Board Data Han-
dling (OBDH) unit, the Electrical Power System
(EPS), the Attitude Determination and Control
System (ADCS), and the Thermal Control System
(TCS). For each subsystem, the selection of com-
ponents—primarily based on flight-proven COTS
hardware—is justified against the specific mis-
sion requirements and environmental constraints
identified in the previous phases.

3.1 Payload

The POWER mission payload constitutes a
Microwave Wireless Power Transfer (WPT) In-
Orbit Demonstrator (IOD). Its primary objective
is to validate the complete energy transmission
chain, encompassing the charging of the trans-
mission source, the radiative transfer, and the
subsequent recharging of the target storage device.
To achieve this, the payload architecture is divided
into two physically distinct modules: a Transmit-
ting Unit and a Receiving Unit.

The operational sequence begins with the
charging of the transmitter’s internal energy
buffer. Upon activation, the stored energy is
converted into microwave radiation and directed
toward the receiver. The Receiving Unit captures
the RF signal, converts it back to Direct Current
(DC), and recharges its local storage. This har-
vested energy is subsequently utilized to transmit
experiment telemetry to the On-Board Computer
(OBC) via a wired data link, continuing until
the receiver’s buffer is depleted. This cycle is
repeated to gather statistical performance data.
Following the initial test phase, the Receiving Unit
is mechanically deployed to increase the separa-
tion distance, allowing for the characterization of
transfer efficiency at a greater range. This design
enables the in-situ verification of the WPT system,
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providing critical data to correlate on-orbit perfor-
mance with theoretical models and ground-based
tests.

3.1.1 Microwave Power Antenna
Design

Functional overview of the RF power
transfer chain

The RF payload is designed to demonstrate
microwave power transfer between the two
mechanically separated parts of the CubeSat plat-
form. The objective is to transmit electromagnetic
energy through free space and recover it as usable
DC power at the receiving side. This process relies
on a complete RF transmission and reception
chain, coupled with a energy storage stage.

Microwave power transfer is achieved by radi-
ating a radiofrequency signal through a transmit-
ting antenna and collecting it using a receiving
antenna. Antennas provide the essential transition
between guided electromagnetic waves propagat-
ing in transmission lines and radiated waves prop-
agating in free space. This conversion is reversible,
allowing the received electromagnetic field to be
transformed back into an RF signal at the receiver
input.

Since microwave signals cannot be generated
directly from a DC electrical source, an onboard
RF generation stage is required. The RF signal
is produced at the target frequency, conditioned
to ensure spectral purity, amplified to the desired
power level, and finally radiated by the transmit-
ting antenna. On the receiving side, the collected
RF power is delivered to an RF-to-DC conver-
sion stage, where it is transformed into DC power
and stored in supercapacitors. The present section
focuses exclusively on the RF subsystem and does
not address the DC storage architecture.

-((

| 1 m=e

Fig. 11: Global chain of the microwave power
transmission system

RF-DC
* conversion



Frequency selection as the primary design
parameter

The operating frequency critically determines
antenna size and gain, which are essential for the
microwave power transfer. Terrestrial demonstra-
tions at 2.4 GHz (wavelength &~ 12.5cm) required
large antennas, such as 26m parabolic dishes, to
achieve narrow beams and high gain—practical
on Earth but incompatible with nanosatellite con-
straints.

At 52 GHz (wavelength ~ 5.8¢m), com-
pact patch antenna arrays can achieve high gain
while fitting within typical CubeSat surfaces. This
frequency enables efficient energy focusing and
deployable integration without excessive system
volume. Based on literature and space-oriented
studies, the 5.2-5.8GHz band represents an opti-
mal compromise between propagation efficiency,
antenna miniaturization, and component avail-
ability. Consequently, 5.2GHz was selected as the
reference frequency for the RF payload design [16].

RF generation and conditioning chain

The RF payload includes a complete signal gen-
eration and conditioning chain designed to deliver
sufficient microwave power to the transmitting
antenna while preserving signal stability and spec-
tral purity.

® RF Oscillator: The RF oscillator converts DC

electrical power into a stable sinusoidal signal at
5.2 GHz. It operates through a positive feedback
mechanism in which an initial electrical per-
turbation is amplified until steady-state oscilla-
tions are established. The oscillation frequency
is defined by a resonant element whose physical
dimensions correspond to the wavelength at the
operating frequency, approximately 5.8 cm.
In this design, the oscillator delivers an output
power of 20mW (10dBm), which is sufficient
to drive the subsequent amplification stages.
Harmonic components generated during the
oscillation process will be suppressed using ded-
icated filtering to ensure compliance with spec-
tral requirements and to prevent performance
degradation in downstream components.

e RF amplification and filtering The RF
chain includes filtering and amplification stages
to raise the VCO output to the required trans-
mission level. A band-pass filter with an inser-
tion loss of 1.86dB is used to remove harmonics
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and ensure spectral purity. After filtering, the
signal level entering the Power Amplifier (PA)
is:

Prya=Pyvco—Lvco—Lyitter = 8.14dBm (7)

This value is below the PA saturation limit of
12dBm, confirming that the PA input is within
safe operating conditions. The PA provides
a gain of 29dB and introduces an additional
insertion loss of 0.4dB. The combination of
these stages produces a transmitted RF power
of approximately 9.44W, suitable for wireless
power transfer over the short TX-RX distances
considered.

Antenna selection and design

The antennas play a critical role in determin-
ing the efficiency of the microwave power transfer
process. Antenna selection involves a trade-off
between gain, directivity, losses, bandwidth, and
mechanical integration constraints.

High-gain solutions such as horn antennas pro-
vide excellent radiation efficiency but are incom-
patible with the size constraints of nanosatellite
platforms. Vivaldi antennas offer wide bandwidth
and strong directivity, making them attractive
candidates for wireless power transfer; however,
their physical footprint and integration complex-
ity remain challenging in a CubeSat context.

Thus, patch antenna arrays were selected for
both the transmitting and receiving subsystems.
Patch antennas offer a low-profile, lightweight,
and planar structure that facilitates integration
onto CubeSat surfaces. Additionally, patch ele-
ments can be efficiently combined into arrays
to achieve high gain and controlled directivity
without compromising mechanical simplicity.

In a rectangular microstrip patch antenna,
electromagnetic waves propagate mainly in Trans-
verse Magnetic (TM) modes within the cavity
formed by the patch and the ground plane [17].
Each mode is characterized by a specific field dis-
tribution, with the dominant mode typically being
the TM101 mode.

Radiation occurs primarily at the open edges
of the patch, where the fringing fields are maxi-
mum and behave as radiating slots. Only modes
that produce a non-zero tangential electric field at
these edges effectively contribute to radiation [17].
Higher-order modes may also radiate, but they are



generally suppressed or avoided to ensure stable
radiation patterns and efficient operation.

It is now possible to proceed with the design
of the transmitting antenna. The patch (Fig. 12)
dimensions are determined using formulas that
ensure the desired propagation mode and reso-
nance at the operating frequency.

Vo 2
W=srVea+i )

L ' _9aL 9)
2fr\/€cfr€ofio
With,
1 e—1
cerr = o+ 12%—% (10)
et +0.3) (% +0.264
AL _ o gpleesst )(h; T
h (€eps — 0.258)(7 +0.8)

For an operating frequency of f = 5.2 GHgz,
the optimized patch dimensions are L = 19.1 mm
along the x-axis and W = 14.7 mm along y-axis.

The antenna is fed via a coaxial cable, which
is inserted through the ground plane via a rear
electronic board, not detailed in this document.
Impedance matching to 50€2 is achieved by posi-
tioning the central conductor of the coaxial cable
at the appropriate point on the patch, in accor-
dance with the standard matching formula.

Y fr )

R(y) = Reagecos( 7

(12)

Fig. 12: Single antenna design

The performance of the single antenna are
below.

Gain Plot 2 Ansys

[ry -

Fig. 13: Example of ideal patch antenna gain as
a function of elevation and azimuth

A patch antenna gives a typical gain of 5dB-
6dB.

The advantage of an antenna array lies in its
ability to increase directivity along the axes of
the elements arrangement. For example, when two
antennas are aligned along the x-axis, the radia-
tion pattern becomes narrower in that direction.

The expected gain for a network is given by
the formula :

Garray—dB = Gelements—dB + IOZOg(N) (13)

Electromagnetic simulations performed using
HFSS software were used to design and optimize
the transmitting antenna array represented on the
figure below

ARSIE

Fig. 14: View of the transmitting antenna array
on HFSS



This is a feasibility study. The system pro-
vides sufficient gain to ensure transmission. Sev-
eral strategies can be considered to improve per-
formance. In addition, the spacing between the
patches can be optimized. Other techniques, such
as feed network phase shifting or the introduction
of a vacuum gap between the radiating elements,
represent potential improvements to the system
[17].

With a better optimisation, the maximum gain
increase, the main lobe is relatively wide, with
limited gain degradation away from the boresight
direction (# = 0°), which provides robustness
against pointing inaccuracies and relative mis-
alignments between the two satellite segments.

Rectenna selection and design

A rectenna is a device that captures ambient
radio-frequency (RF) electromagnetic waves and
converts them into usable electrical power. It com-
bines an antenna that receives RF energy with
a rectifier circuit that converts the alternating
RF signal into a direct current (DC) output [18].
An impedance matching network is used between
the antenna and the rectifier to maximize the
power transfer. For this implementation, a patch
antenna, an HF filter, a Schottky diode, and a DC
filter were utilized.

The patch antenna design is presented below.

Fig. 15: Rectenna design

A gain of 6.59 was obtained, aligning with the
desired specifications.
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Gain Plot 1

Fig. 16: Rectenna gain as a function of elevation

Subsequently, the signal undergoes processing
through two distinct filtering stages. A 6th-order
Butterworth low-pass filter with a cutoff frequency
of 7.853GHz is employed to ensure minimal atten-
uation down to 5.2GHz. This component sup-
presses the harmonics generated by the diode and
provides impedance matching between the con-
version circuit (diode and DC filter) and the RF
source (antenna) as illustrated below.

.

Fig. 17: Butterworth filter design on ADS

m1
freq=5.200 GHz
dB(S(1,2))=-0.031

d3(s(1,2))

freq, GHz

Fig. 18: Bode diagram of the Butterworth filter
at 7.853 GHz



Another filter is implemented. A quarter-wave
short-circuited stub is placed before the low-pass
filter. At 5.2GHz, the stub behaves as an open
circuit, preventing the DC component from reach-
ing the RF source (antenna) and thereby avoiding
unwanted radiation.

SPARAMETERS

7
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W=t mm

L=3mm
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ws}1.098670 mm

=Msubi
1098670 mm

LI
Subst="Msub
e

1=9.483 mm ()

Fig. 19: High-pass filter design on ADS
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Fig. 20: High-pass filter simulation

Receiving-Side power budget and
performance analysis

The received RF power is determined by the
transmitted power, antenna gains, propagation
distance, and system losses. The RF-to-DC con-
version stage is characterized by a conversion effi-
ciency of 50%, representing a realistic performance
level for microwave rectification circuits.
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Fig. 21: RF received power and converted DC
power vs distance
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The RF payload performance was evaluated
for two operational configurations corresponding
to different distances between the transmitting
and receiving subsystems: a stowed configuration
(TX-RX separation: 110 mm) and a deployed
configuration (TX-RX separation: 186 mm). The
objective of this analysis is to quantify the impact
of physical separation on received RF power and
the corresponding DC power available for storage.

In both configurations, the RF chain was
driven with the power amplifier input of 11.15
dBm, which is verified to be below the ampli-
fier saturation limit. The transmitted RF power
remained constant at 9.44 W.

e Stowed Configuration (TX-RX Distance:
110 mm) At a reduced separation distance,
the receiving antenna captured a significant
portion of the radiated RF power. The simula-
tion results indicate:

Table 4: Power simulation at the out-
put in stowed configuration.

Parameter Value
RF received power (Pr) 40.3 W
DC power stored at the output | 20.1 W

¢ Deployed Configuration (TX-RX Dis-
tance: 186 mm) In the deployed configu-
ration, the increased separation distance leads



to a reduction in received power due to free-
space propagation losses. Simulation results are
presented in Tab. 5:

Table 5: Power simulation at the out-
put in deployed configuration

Parameter Value
RF received power (Pr) 141 W
DC power stored at the output W

Despite the attenuation, the system still delivers
a satisfying amount of energy.

These results confirm the feasibility of short-
range microwave power transfer within a seg-
mented CubeSat architecture and demonstrate
that the recovered DC power is sufficient to sup-
port onboard energy storage.

3.1.2 Supercapacitor-Based Energy
Buffer Design

The RF power transmission payload requires
short, high-power bursts of 19.4 W. To meet this
demand, a bank of supercapacitors was selected to
power the POWER payload, employing an archi-
tecture that isolates the EPS battery. Supercapac-
itors were preferred over secondary batteries due
to their suitability for power-dominant applica-
tions, providing high-power capability, long cycle
life, thermal robustness, and reduced stress on
the main battery. These advantages have driven
interest in their implementation for high-power
CubeSats; specifically, the adaptation of terres-
trial COTS supercapacitors for space environ-
ments remains a key area of study [19].

Transmitting-Side Enerqgy Buffer
The supercapacitor storage subsystem is dimen-
sioned to sustain a 60-second transmission of
19.4 W at 16 V for the antennas, following the
design methodologies outlined in [20]. To meet
these requirements, a 5slp configuration of Eaton
TV1860-3R0107-R [21] cells was selected after
simulating several models and configurations. The
selection was based on mass, volume, and suit-
ability criteria. Table 6 summarizes the primary
technical features of this configuration.

Eaton TV supercapacitors are high-reliability
EDLC energy storage devices using proprietary
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Fig. 22: Eaton TV1860-3R0107-R Supercapacitor
cell.

Table 6: Technical Specifications for the
EATON TV Supercapacitor Bank

Parameter Value Unit
Technology EDLC -
Configuration 5slp -
Capacitance  (individual 100 F
cell)

Total bank capacitance 12.60 F
String resistance 0.1103 Q
Total bank power 503.2 W
Total bank energy 1298 J
Rated voltage (individual 3 A%
cell)

Total bank voltage 15 \%
Mass (individual cell) 20 g
Total bank mass 100 g
Individual dimensions @ 18.5 x 60.5 mm
Temperature range —40/65 °C

(Tmzn/Tmaz)

materials and processes. They offer ultra-high
capacitance and ultra-low ESR for high power and
energy density. With a 3.0 V operating voltage,
they support backup, pulse, and hybrid power sys-
tems, alone or in combination with batteries. They
are maintenance-free and designed for lifetimes up
to 20 years; typical applications of the TV series
include smart meters, RF pulse power, storage
servers, industrial ride-through, and solar capture.

Fig. 22 illustrates the TV1860-3R0107-R
supercapacitor. Notably, the suitability of Eaton
supercapacitors for space systems has already
been demonstrated in previous studies [22].

Fig. 23 illustrates the simulated constant
power discharge of the supercapacitor bank, tran-
sitioning from an initial voltage of 5 V to a cut-off



voltage of 5.4 V. A maximum current of 3.5 A is
reached at the end of the discharge process.

TV1860-3R0107-R: 5 in Series, 1 in Parallel

Time (seconds). Bold bar s the Discharge Time

] Voktage (V) == Current () [Z2] Min. Voltage Require

Fig. 23: Supercapacitor discharge simulation

The main auxiliary components to be designed
include:

¢ Charging regulator: A constant-
current/constant-voltage (CC-CV) buck
converter utilizing the LT3971 [23] limits the
charge current to 1.25 mA and 0.45 W. The
total charging time follows the equation:

N

- (14)

A full charge from zero requires approximately
166 minutes considering a total capacitance of
20 F (ideal capacitance for 5 supercapacitors
of 100 F in series) and 101 minutes consid-
ering a capacitance at end of life of 12.6 F
given by the supercapacitor manufacturer. The
average power consumption in the charging pro-
cess considering 90% efficiency is 0.26W. This
charging approach ensures a controlled and safe
charge of the five-cell series supercapacitor stack
while minimizing stress, inrush current, and effi-
ciency losses at low power levels. A simple buck
topology is preferred over a buck-boost solution
due to its lower quiescent consumption, reduced
component count, and higher efficiency at low
power.

¢ Discharge regulator: A high-efficiency (up to
98%) synchronous boost converter utilizing the
LTC3789 [24] regulates the decaying capacitor
voltage from 15 V to 5.4 V to a stable 16 V, 19.4
W output for the transmitting antenna during
the 60 s experiment.

e Safety & Support: A passive cell-balancing
circuit prevents individual supercapacitors from
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exceeding 3 V. External MOSFETSs, a power
inductor, and EMI filtering complete the design.

Receiving-Side Energy Harvesting €4
Storage

The receiving antenna, located on a deployable
segment, harvests RF energy (simulated at 3.2
W). Its dedicated power system is a scaled-down
version of the transmitter design:

¢ RF-to-DC: A Schottky diode (Sky-
works SMS7630) rectenna converts received
microwave power to DC.

¢ Energy Buffer: A 3S1P Eaton TV superca-
pacitor bank (100 F cells, 9 V total, 33.3 F
effective) stores the harvested energy, providing
over 1000 J of usable capacity.

® Regulation: A synchronous buck-boost con-
verter (TPS63060) regulates the supercapacitor
voltage (9.0 V to 4.5 V) to a stable 5 V output
for telemetry electronics.

This optimized design minimizes mass (=60 g)
and volume for the deployable module while main-
taining architectural consistency.

Advantages of CubeSat Integration

¢ Thermal & Electrical Isolation: The super-
capacitor bank buffers the main EPS from
high-power transients, enhancing overall system
reliability.

e Mass & Volume Efficiency: The selected
components provide the required peak power in
a 1U-compatible form factor.

e Space Environment Suitability: The
EDLCs operate across a wide temperature
range (-40°C to +65°C), exhibit low out-
gassing, and are less susceptible to thermal
runaway than batteries.

Contribution to Mission € Technology
Demonstration

This energy storage subsystem enables the pri-
mary mission objective of demonstrating in-orbit
wireless microwave power transmission. The use of
supercapacitors is critical for managing the high
peak-to-average power ratio of the RF payload.
The design supports the broader mission goals
of validating technologies for future distributed
spacecraft, in-orbit servicing, and space-based
power beaming architectures.



3.2 Telemetry, Tracking and
Communications (TT&C)

The Telemetry, Tracking and Command (TT&C)
subsystem is a fundamental element of the satellite
communication architecture, as it ensures contin-
uous monitoring of the satellite as well as enabling
commanding from the ground station.

In this mission, the TT&C architecture is
designed to be simple and robust, reflecting the
low data-rate requirements. Unlike missions that
generate large volumes of data (e.g., imaging pay-
loads), the payload measurements considered here
consist of low-rate numerical data. As a result,
payload data can be transmitted together with
telemetry and tracking information without the
need for a dedicated high-throughput communica-
tion link.

Consequently, all data transmitted from the
satellite to the ground station are grouped into
a single downlink stream, which includes teleme-
try and tracking (housekeeping data, HK) and
payload data. In contrast, command data are
transmitted from the ground station to the satel-
lite and therefore constitute a separate uplink,
going from the ground station to the satellite.

The TT&C architecture operates in S-band,
which is suitable for LEO missions and enabling
compact spacecraft antennas while maintaining
robust link margins with a high-performance
ground station.

Space Segment Communication Hardware

The communication subsystem consists of an ISIS-
PACE S-band patch antenna and a NANOIlink
SDR S-band transceiver (Figure 24). [25][26]

Fig. 24: Space segment communication hardware:
(left) ISISPACE S-band patch antenna; (right)
NANOIlink SDR S-band transceiver. [25][26]

The patch antenna is a compact and
lightweight, right-hand circularly polarized
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antenna operating in the 2200-2290 MHz fre-
quency range, making it well suited for CubeSat
S-band links. [26] The NANOIlink SDR provides
a flexible software-defined radio platform for S-
band communications, enabling reliable telemetry
and high-rate data transmission with configurable
modulation and output power. [25]

Ground Segment

The Ground Segment is responsible for estab-
lishing and maintaining communication with the
satellite in the mission lifetime. Its main func-
tions include receiving downlinked data, moni-
toring spacecraft health and status (telemetry),
supporting tracking operations, and transmitting
commands to the satellite (uplink communica-
tion).

The main component of the Ground Segment
is the Ground Station. For this mission, a sin-
gle ground station approach has been adopted.
This decision is justified by the relatively low
data-rate requirements of the mission. Based on
these considerations, Kiruna (Esrange), Sweden,
was selected as the ground station supporting the
mission. Kiruna is equipped with suitable radio-
frequence (RF) infrastructure and able to work
with S-band frequencies (the frequency used in
this mission). [27]

track and its coverage relative to the Kiruna
ground station.

The geographical coordinates for the Kiruna
Ground Station are provided in the Table 7. These
values are used consistently in communication
and link budget simulations to ensure realistic
geometry between the spacecraft and the ground
station.



Table 7: Coordinates of the
Kiruna Ground Station. [27]

Parameter Value
Latitude 67° 53722.410"" N
Longitude 21° 03’ 56.357"" E
Altitude 385.8 m

A contact analysis was performed using GMAT
to evaluate the visibility between the satellite and
the Kiruna ground station over a long-term opera-
tional period of approximately 400 days. The sim-
ulation results show that the satellite establishes
frequent contact with Kiruna, with an average of
about ten passes per day. The mean contact dura-
tion is approximately 366 s (around 6 minutes),
which is sufficient for the transmission of the uni-
fied telemetry and payload data stream as well
as for command operations. These results confirm
that a single high-latitude ground station provides
adequate coverage for the mission requirements.

Table 8: Values from the GMAT simulation.

Parameter Value
Total number of contacts (N contacts) 3993
Average contacts per day 9.98
Average time in view per contact 366.4 s

Link Budget

A link budget quantifies whether the communi-
cation link between the satellite and the ground
station is feasible by accounting for all gains and
losses along the propagation path. The objective
is to verify TT&C feasibility.

Following a standard CubeSat design work-
flow, the link budget was evaluated using the
Satellite Link Budget Analyzer tool in MATLAB.

Two links were considered:

e L1 - Uplink Communication (Ground — Satel-
lite) — Command data.

e L2 - Downlink Communication (Satellite —
Ground) — Telemetry, tracking and payload
data.

To start with, the housekeeping (HK) data
per orbit is computed. Housekeeping telemetry is
assumed to be transmitted in packets at a constant
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Fig. 26: Communication links.

sampling frequency f. A typical packet size band
sampling frequency are selected to represent peri-
odic spacecraft status reporting. Using the orbital
period obtained from GMAT, the volume of house-
keeping data per orbit is given by the following
equation. [28]

Duk orbit = b+ f - Torbit (15)

Assuming a packet size of 600 bits and a fre-

quency of 0.1 Hz (one packet every 10 seconds),

and considering the period of one orbit is Ty pit &=
5670 s (from GMAT simulation):

DHK,orbit = 340.2 kb/OI‘bit (16)
The payload data volume is negligible with
respect to the HK data, so this is the total volume
of the downlink communication link.
Finally, the minimum required data rate is esti-
mated following the same approach adopted in the
reference methodology:

D-M

Rmin as——"S",, 17

Tuse/orbit ( )
N (F Toyg)

Tuse/orbit = W/dayg (18)

9

where M accounts for operational margins, con-
sidered to be 3, F' is the fractional reduction in
viewing time in LEO (= 0.8), N. is the average
number of contacts per day, and T,y is the aver-
age time in view per contact from GMAT. Using
Ne = 998, Tovg = 366.4 s, Nopyday ~ 15.24,
F = 0.8, and M = 3, the resulting minimum
data rate is Ry ~ 5.32 kbps. Therefore, a design
downlink data rate of 8 kbps is selected for the
link budget analysis.

In order to correctly parameterize the link bud-
get under realistic operating conditions, the geo-
metric configuration between the spacecraft and
the ground station at the beginning of a contact
was analyzed using GMAT. The first acquisition



of signal (AOS) with the Kiruna ground station
was identified at 01 Jan 2030 00:18:31.195 UTC.

The spacecraft Earth-fixed position at this first
contact point was extracted from the GMAT sim-
ulation and converted to geodetic latitude and
longitude. At the first contact with Kiruna, the
CubeSat coordinates are approximately 70.90° N
latitude and 65.81° E longitude.

The following analysis was carried out in the
Satellite Link Budget Analyzer tool in MATLAB
after computing the parameters needed and the
results are the presented in Fig. 27.

Tag Name L1 L2

N1 Distance (km) 1.8572e+03| 1.8572e+03|| '
N2 Elevation (deg) 6.0526 6.0526
N3 Tx EIRP (dBW) 40.5000 -19.5000
N4 Polarization loss (dB) 3.0103 3.0103
N5 FSPL (dB) 164.6732 164.2691
N6 Received isotropic power (dBW) -130.1835| -188.7794
N7 C/No (dB-Hz) 95.4157 61.8197] |
N8 CIN (dB) 55.4157 18.8094
N9 Received Eb/No (dB) 56.3848 22.7888
N10 Margin (dB) 45.3848 11.7888

Fig. 27: Numeric results from the link budget.
[26]

Some assumptions regarding the spacecraft are
still subject to refinement as the mission is still
in pre-design phases. Therefore, the presented link
budget results should be considered as representa-
tive estimates rather than final values. The objec-
tive of this analysis is to demonstrate the overall
feasibility of the communication links between the
spacecraft and the Kiruna ground station.
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Fig. 28: Free-space path loss (FSPL) as a function
of slant range for the uplink (L1) and downlink
(L2).
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The relationship between the free-space path
loss (FSPL) and the slant range during a satellite
pass is illustrated in Fig. 28, showing the expected
increase in path loss as the distance between the
satellite and the ground station grows, with a
worst-case FSPL of approximately 165 dB at low
elevation angles.

Additionally, the obtained results allow the
evaluation of the link margin as a function of
both transmission distance and transmitter out-
put power, as depicted in Figs. 29 and 30. The
uplink (L1) exhibits a significant positive margin,
even under conservative assumptions such as low
elevation angles and polarization mismatch losses,
confirming the robustness of command transmis-
sion from the ground station. The downlink (L2),
which is more critical due to the limited onboard
transmission power, maintains a positive margin
of approximately 12 dB, ensuring reliable data
transmission throughout the pass.
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Fig. 29: Link margin (dB) as a function of trans-
mitter HPA output power and distance for the
uplink (L1).
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These results confirm that, despite conser-
vative assumptions on geometry and losses, the
selected TT&C architecture can support reliable
communication between the spacecraft and the
ground segment.

3.3 On Board Data Handling
(OBDH)

In contrast to missions that generate large
volumes of data (e.g., imaging pay- loads),
the POWER payload entails low-volume data
exchange with the On-Board Computer (OBC),
thereby relaxing the requirements for high-
capacity storage and high-performance comput-
ing. Accordingly, the GomSpace NanoMind A3200
[29] has been identified as the optimal solution for
the On-Board Data Handling (OBDH) subsystem.

The NanoMind A3200 is engineered for
mission-critical applications and ensures opera-
tional resilience in harsh space environments (tem-
perature range: -30°C to +85°C). Its compact form
factor, combined with native compatibility with
GomSpace NanoDock platforms, makes it partic-
ularly suitable for CubeSat architectures. Built
upon the Atmel AT32UC3C 32-bit RISC MCU,
the unit offers advanced power-saving features.
Furthermore, the selection of a coherent hardware
ecosystem reduces the risk of interface mismatch
between the EPS and the OBDH subsystems
during integration.

Fig. 31: GomSpace NanoMind A3200.

Regarding memory architecture, the OBC fea-
tures 128 MB of NOR flash (split into two 64 MB
dies for redundancy), 32 kB of FRAM for persis-
tent configuration, and 32 MB of SDRAM. It also
includes a Real-Time Clock (RTC) and onboard
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temperature sensors. To support Attitude Deter-
mination and Control System (ADCS) redun-
dancy, the unit integrates a 3-axis magnetometer,
gyroscopes, and three bidirectional PWM outputs.
Connectivity is provided by dual I?C buses, a
CAN interface, SPI connectivity, and eight exter-
nal Analog-to-Digital Converter (ADC) channels,
configurable as General Purpose Input/Output
(GPIO) for enhanced operational flexibility.

Regarding the Flight Software (FSW) archi-
tecture, NASA’s F Prime (F~) [30] open-source
framework is currently being evaluated as a pri-
mary candidate. This component-driven architec-
ture is considered particularly suitable for the con-
strained resources of the NanoMind A3200, as it
would allow for highly modular and reusable code
development. The proposed adoption of F Prime
is further motivated by its proven flight heritage
(e.g., the Mars Ingenuity helicopter) and its native
OS Abstraction Layer (OSAL), which facilitates
integration with the underlying RTOS. Addition-
ally, its embedded Ground Data System (GDS)
would significantly streamline the Verification and
Validation (V&V) phases.

3.4 Electrical Power (EPS)

Solar arrays constitute the primary energy source
for both the payload and the spacecraft bus. The
worst-case scenario for energy generation in a
“SSO 6 a.m. - 6 p.m.” occurs during the win-
ter solstice, a period characterized by short and
recurring eclipses. Electrical power is in any case
supplied to the satellite using a battery. Com-
prehensive details regarding the Electrical Power
Subsystem are provided within this section. The
mathematical calculations and graph generation
have been done through the support of a MAT-
LAB script.

Solar arrays

The CubeSat is equipped with a combination of
solar arrays provided by Endurosat: specifically,
a “3U Double Deployable Solar Array” and a
“3U Fixed Solar Array”. The two components are
illustrated in Fig. 32 and in Fig. 33. This con-
figuration is mounted on the satellite face that
is better exposed to the Sun, resulting in a final
area of 9U. The complete configuration integrated
into the CubeSat structure can be better exam-
ined in Section 2.1, where the CAD model is



presented. Technical specifications for these arrays
are summarized in Table 9 [31].

Table 9: Endurosat solar arrays —
Technical features.

Feature Value
Number of cells 21
Efficiency at EOL 294+ %

Max Power in LEO 25.2 W
Mass 615 g

Max Voltage 17.5 V (for 7 cells)
Max Current 1.5 A

Fig. 32: 3U Double
Deployable Solar Array.

Fig. 33: 3U Fixed Solar
Array.

According to the product datasheets, a nom-
inal power of 25.2 W is specified. This value is
considered a theoretical maximum and is sub-
sequently adjusted in the following calculations
to account for various efficiency factors and the
effects of the solar incidence angle.

Battery

Another fundamental element of the Electrical
Power Subsystem is the main battery. It repre-
sents a critical component of the spacecraft bus, as
it provides power during eclipse periods and com-
pensates for potential energy deficits during peak
demand intervals.

The battery selected for the satellite is
the “NanoPower BP4 3000mA”, provided by
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GomSpace. It is a Lithium-Ion battery pack of
43Wh and represents a pragmatic choice for space
applications, due to its advantageous high energy
density characteristics, lightweight design, and
flexibility [32].

Fig. 34: GomSpace - NanoPower BP4 3000mA.

Power Control and Distribution Unit
(PCDU)

To enhance reliability and minimize integration
risks, the PCDU components have been selected
from the GomSpace ecosystem, ensuring full com-
patibility with the battery and the On-Board
Computer. The system architecture is modular,
based on the “NanoPower P60 Dock” backplane
[33].

This mainboard hosts two specific daughter-
boards: the “P60 ACU-200" (Array Condition-
ing Unit) and the “P60 PDU-200" (Power Dis-
tribution Unit). The ACU integration ensures
high efficiency through 6 independent Maximum
Power Point Tracking (MPPT) channels, max-
imizing power extraction from the solar arrays
[34]. The system provides regulated power buses
and includes built-in over-current and over-
voltage protections. Key specifications are listed
in Table 10.

Table 10: PCDU P60 - System Specifications.

Parameter Value
Product Series NanoPower P60
Configuration Dock + ACU-200 + PDU-200

6 MPPT Channels
9 Distribution Channels
3.3 Vand 5.0V
-35°C to +85°C
12C, CAN-Bus, UART

Input Interface
Output Interface
Regulated Buses
Op. Temperature
Interface




Power generation

The selected solar panels, including 21 cells, pro-
vide a nominal power output of 25.2 W. Starting
from this baseline, the End-of-Life (EOL) oper-
ational power is determined, as the preliminary
design is conducted in accordance with a worst-
case scenario approach. Considering all the pos-
sible losses, the real value of the peak power is
Preq = 12.39 W. In particular:

Preal = (nrad'nuu'ncy'nad'ncon'nt'HI>'Pideal (19>

where:

® Nraq = (1 —0.025)8fetime — (.90, It accounts
for the degradation during the total lifetime.

® 1w = 0.98. It represents the effects of UV
radiation.

® 1y = 0.99. It accounts for thermal cycling.

® 1.a = 0.75. It includes assembly and design
losses.

® Neon = 0.99. It refers to contamination from any
sources.

® 7, =1—0.005(T —Tp) = 0.74. It represents the
effect of temperature variations experienced in
the selected orbit.

e [H; is the solar constant correction factor (due
to distance from Sun) and it is equal to 1, since
the satellite is orbiting the Earth.

The effective power received by the solar pan-
els must account for the incidence angle between
the solar vector and the normal to the panel sur-
face. Consequently, a final loss factor related to
pointing is introduced: defining “a” as the angle of
incidence, the pointing loss factor is expressed as
L, = cos(c). The effective power obtained by the
solar arrays is thus determined by the following
relation:

Peff = Preal . Lp = Preal . cos(a) (20)

It is important to underline that the angle

« is not constant but exhibits seasonal varia-
tions throughout the year. The next calculation
has been conducted using a custom MATLAB
script. Fig. 35 illustrates the variation of alpha
starting from February 1, 2030, and covering
exactly 1 year. Under optimal conditions, the pan-
els are perfectly oriented toward the sun, such that
P.ry = Prear- Conversely, the worst-case scenario
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occurs near the winter solstice and it is charac-
terized by a maximum incidence angle of 34.7
degrees. The resulting trend for effective power is
represented in Fig. 36.

Angle [']

Angle analysis during 1 year
Period: from 01-Feb-2030 to 01-Feb-2031
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Fig. 35: Angle analysis during 1 year.

Incident Power - 1 year
Period: from 01-Feb-2030 to 01-Feb-2031
T T

ry s S
s o 5
L &£ F S

& & & & & $

A A A A

& & & & & & & &
B S S S 3 S S S

UTC (Gregorian)

Fig. 36: Effective incident power during the year.

Power Consumption

Section 2.4 provides a detailed overview of energy
consumption for each discrete component across
the various mission phases. The On-Board Com-
puter (OBC) and the Attitude Determination
and Control Subsystem (ADCS) are categorized
as permanently active, as these units are fun-
damental for maintaining spacecraft functional-

ity

and the required attitude orientation. Con-

versely, the remaining subsystems operate inter-
mittently according to specific mission require-
ments. Table 11 summarizes the power consump-
tion for the standard operational modes. These



Table 11: Power consumption for each component.

Subsystem | Mean Consumption Idle With Margin
OBC 0.9 W Never 0.945 W
ADCS 2.0 W Never 2.10 W
TTeC 5 W (Tx) 1.7 + 5% W (only Rx) 5.25 W
PAYLOAD 0.26 W oW 0.286 W

values incorporate the margins prescribed by the
System Margin Policy [14]. Using this approach,
the total power is further increased with a 20%
margin.

Figure 37 illustrates the power consumption
profile and the operational status of each sub-
system over ten reference orbits, demarcated by
green dashed vertical lines. Due to power gener-
ation constraints, a specific operational timeline
was established for the payload and the Telemetry,
Tracking, and Command (TT&C) subsystems.

The charging sequence for the supercapacitor
requires a total duration of 160 minutes, which is
divided into four 40-minute intervals at the com-
mencement of the first four orbits. The fifth orbit
is then dedicated to the discharge phase. Within
the middle of the first orbit, the communication
subsystem transmits signals to the ground station
for a duration of 4 minutes, while the TT&C unit
operates in an idle mode during the remaining
periods.

Power consumption profile for 10 orbits
Orbital period for each orbit: 93.6 min
T T

- Payload
TOTAL LOAD

Required Power [W]

TS r1 £ I3 il
0 100 200 300 400 500 600 700 800 900
Time [min]

Fig. 37: Power consumption profile.

Battery: Charge and Discharge Cycle

It is essential to evaluate the battery discharge
levels to ensure compliance with ESA guidelines,
which require robust system margins to guarantee
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battery lifetime [35]. Consequently, a conserva-
tive Depth of Discharge (DoD) limit of 20% has
been selected for the preliminary design. The State
of Charge (SoC) has been determined through a
MATLAB simulation, incorporating annual power
generation data and the consumption profiles of
the ten reference orbits.

The analysis focuses on the worst-case scenario
during the winter solstice, characterized by eclipse
periods of approximately 25 minutes. The results
for two specific cases are illustrated in Fig. 38 and
in Fig. 39: the first assumes a fully charged initial
state (100% SoC), while the second considers an
initial battery level of 85%.

In any case, the data demonstrates that the
batteries return to a full state of charge within
a single day, indicating no progressive discharge
over time. The observed Depth of Discharge is
notably low, at approximately 7%, which validates
the suitability of the selected battery configura-
tion. This performance level confirms that the
power system can support nominal operations
while maintaining a significant margin for emer-
gency energy requirements or unforeseen losses
not accounted for in the preliminary design.

Charge/Discharge cycle - Simulation for 10 orbits
Starting on: 20-Dec-2030 - Worst case scenario (winter solstice)
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Fig. 38: State of Charge (SoC) - Initial state
100%.



Charge/Discharge cycle - Simulation for 10 orbits
Starting on: 20-Dec-2030 - Worst case scenario (winter solstice)
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Fig. 39: State of Charge (SoC) - Initial state 85%.

3.5 Attitude Determination &
Control (ADCS)

The POWER mission adopts three-axis stabiliza-
tion with nominal nadir-pointing. The choice of
attitude is mainly driven by the configuration of
the double-deployable solar panels, which require
a specific orientation to maximize electrical power
generation efficiency throughout the orbit.

Unlike other WPT missions, pointing is not
constrained by antenna alignment, since the coax-
iality between transmitter and receiver is ensured
by the mechanical constraint of the rail-based sep-
aration system. Therefore, the primary role of the
ADCS is to maintain the satellite in an attitude
that optimizes the energy balance (power-safe
attitude) and ensures adequate thermal dissipa-
tion of the power components.

The performance requirements of the ADCS
are:

¢ Pointing accuracy: A pointing accuracy of 42°
is required. This margin is sufficient to keep the
solar panels within an optimal efficiency range
without overloading the actuators.

e Slew maneuvers: The operational phases of
POWER require controlled reorientations for
post-launch configuration and communications
with ground stations. However, since the mis-
sion prioritizes the stability of nadir point-
ing for energy efficiency, high agility is not
required. Consequently, the slew rate is lim-
ited to 0.1°/s, a value that minimizes stress on
flexible appendages and drastically reduces the
instantaneous power consumption of the ADCS.
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To size the control system, it is necessary
evaluate the external and internal disturbance
torques. To quantify the disturbances, the worst-
case scenario was considered: namely the config-
uration with the solar panels deployed and the
module separated along the rail.

3.5.1 Internal Disturbance

In the initial operational phase of the sub-module
deployment, although the solar panels are already
fully extended, a first-order approximation is
adopted by assuming the satellite’s Center of Mass
(CoM) remains aligned with the translation axis
of the deployable module. Under this assumption
of transverse symmetry, the trajectory of the mod-
ule from zg to 2finar intersects the CoM, resulting
in a null offset distance (doffset = 0). Conse-
quently, no active torque is generated by the linear
acceleration of the mass (M,qns = 0).

However, the time-dependent inertia tensor
I(t) evolves during the translation, affecting the
attitude dynamics. The governing equation for the
spacecraft is expressed as:

Mg = I(t)w +w x (I(t)w) + I(t)w (21)

In a stabilized nadir-pointing attitude, where
w = 0, the primary effect of the translation is the
modification of the gravity gradient stability mar-
gin and the required control gains. Nevertheless,
an internal disturbance torque, Mgy, arises if the
spacecraft possesses even a minimal residual angu-
lar velocity w. This torque is directly linked to the
time-derivative of the inertia tensor I(¢). For the
transverse axes (z,y), this variation is defined as:

I’I"E = [yy =2 Mmod * Z(t) * Urel (22)
where Mm.,oq = 0.461 kg is the mass of the moving
module and v, is the separation velocity. The
resulting dynamic disturbance torque is given by:

Mayn = I(t)w(t) (23)

Assuming a nominal separation velocity v,..; =
0.01 m/s and a residual angular rate w = 0.1°/s
(typical of fine pointing phases), the peak distur-
bance is estimated at 1.57 - 1076 Nm. This value
is an order of magnitude higher than the aerody-
namic drag and comparable to the solar radiation
pressure. The ADCS must actively compensate



for this transient internal effect to maintain the
required pointing accuracy of 42° during the
entire separation maneuver.

3.5.2 Eternal Disturbances

The main external distourbances are:

Solar Radiation Pressure

The solar radiation pressure disturbance torque
(M) is computed as:

M, = §AS(1 + ¢q)(CSP4 — CoM) cos(6)
C
=73.37-10%Nm

(24)

Table 12: Parameters for Solar Radia-
tion Pressure torque

Parameter Value
Solar constant (.5) 1361 W/m?2
Speed of light (c) 2.99 - 108 m/s
Sunlight surface (Asg) 0.09 m?
Reflectance factor (g) 0.8
Distance between center of

pressure and centre of 0.1m
mass (CSPs — ColM)

Sun incidence angle (0) 0°

Aerodynamic Drag

The aerodynamic drag disturbance torque (Mp)
is computed as:

Mp

%pVQCDAr(ﬁ ) [ x (8P, — CoM)]

244-10""Nm
(25)

Magnetic Field

The residual magnetic disturbance torque (M)
is estimated as:

M,, =d-By="7.68-10"°Nm (26)
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Table 13: Parameters for Aerodynamic Drag
torque

Parameter Value

Atmosphere density (p) 3.8-10~ 12 kg/m?>

Orbital velocity of the satellite (V') 7641 m/s
Drag surface (A,) 0.01 m?
Drag coefficient (Cp) 2.2
Distance between center of

pressure and centre of 0.1m

mass (CSPs — ColM)

Table 14: Parameters for Magnetic
Field torque

Parameter Value
Spacecraft residual dipole 0.3 Am2
moment vector (m)

Earth magnetic field (Bg) | 2.56-107°T

Gravity Gradient

The gravity gradient torque (M) acting on the
CubeSat can be expressed as:

MG:%[IA‘X

(I-1)] (27)

By expressing the nadir direction t in terms

of the attitude angles o and S, the corresponding
scalar components of the gravity gradient torque
in the body reference frame are obtained as:

Mg = 3—5(1'2 - 1) sin o cos a cos? (28)
r
3p .

Mgy = —5 (I, — I;) sin Bcos Bcos (29)
r
3p . .

Meas = —3([2 — 1)) sinasin 5 cos B (30)
r

The gravity gradient torque MG is strongly

dependent on both the spacecraft inertia distri-
bution and its orientation with respect to the
nadir vector. For the POWER mission, the worst-
case configuration is defined as the condition in



which the sub-module reaches its maximum dis-
placement (zfinal), resulting in the highest inertia
anisotropy.

The peak disturbance torque is analytically
evaluated at the maximum allowable pointing
error (« 2°), rather than at the theoreti-
cal equilibrium instability point of 45°, in order
to reflect the operational constraints imposed by
the ADCS. Under these conditions, the resulting
gravity gradient torque magnitude is given by:

|Mg| = \/Mg,1 + M2, + M2, =9.08 x 1077 Nm
(31)

Table 15: Parameters for Gravity Gradient
torque

Parameter Value

Moment of inertia x-axis (1) 0.0767 kg m?
Moment of inertia y-axis (Iy) 0.1026 kg m?
Moment of inertia z-axis (1) 0.0333 kg m?

Gravitational constant
of Earth (u)

Semi-major axis (r)

3.986 - 1014 m3 /s2

6.828 - 105 m

Total external torque

The total external disturbance torque (M) act-
ing on the spacecraft is computed as the sum of
the dominant environmental contributions:

Moyt = My + Mp 4+ My, + Mg =8.01-107°Nm
(32)

3.5.3 Detumbling

The detumbling control torque (My) required to
dissipate the initial angular momentum within the
allocated time interval AT is estimated as:

Imax

Mal = X7

|Aw|r > 4.78 x 107° Nm

(33)

Assuming magnetic control, the corresponding
required magnetic dipole moment (dgetumbling) can
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be derived from the relationship between control
torque and geomagnetic field magnitude:

M
ddetumbling = ij = 0.187 Am2 (34)

Table 16: Parameters for Detumbling control
torque

Parameter Value
Maximum moment of inertia (Ipsax) | 0.1026 kg m?
Orbital Period (AT) 5614.8s
Difference between initial and

final angular velocity (|JAw|r) 0.2618 rad

3.5.4 Slew maneuver torque

The torque required to perform a slew maneu-
ver depends on the target angular acceleration w.
According to the mission requirements, the slew
rate is limited to 0.1°/s. Assuming a ramp-up time
of 10 s to reach this velocity, the required angular
acceleration is w = 1.74 - 10~* rad/s>.

Mslew = IMAstleW =179 10_5 Nm (35)

Table 17: Parameters for Slew Maneu-

ver torque
Parameter Value
Maximum moment of 0.1026 kg m?

inertia (Iarax)

Slew acceleration (w) | 1.74-10~% rad/s?

3.5.5 Total angular momentum

The total angular momentum Hy,; that the ADCS
must manage is composed of the momentum
required for nominal orbital rotation and the accu-
mulation of environmental disturbances over a
typical saturation period (usually one-quarter of
an orbit).



Htot = Hdisturbanccs+Hrotation = 1131072 Nms

(36)

Considering the nominal nadir-pointing rota-

tion rate (werp & 0.0011 rad/s) and the integration

of the maximum external torques, the require-
ments are calculated as follows:

Hiotation = IMaXWorb &= 1.13 - 1074 Nms (37)

Table 18: Angular Momentum Requirements

Parameter Value

Nominal Angular

Momentum (H,om )

External Disturbances
integration (per quarter-orbit)

1.13-10~* Nms

1.12-10~2 Nms

3.5.6 ADCS Hardware Selection:
TensorADCS-10m

The TensorADCS-10m (see Fig. 40) is an inte-
grated Attitude Determination and Control Sys-
tem (ADCS) designed for nano-satellites, featur-
ing an architecture optimized to minimize power
consumption while providing high agility through
Control Moment Gyroscope (CMG) technology.
The system employs a comprehensive suite of
sensors for precise satellite state determination:

® 6x TensorFSS-15M: six Fine Sun Sensors
that provide 47 coverage for vector determina-
tion with high precision.

e ADCS-MCB (Inertial Suite): The main
control board integrates a 3-axis MEMS gyro-
scope and a digital magnetometer to monitor
angular rates and the local magnetic field vec-
tor.

Attitude control is achieved through a combi-
nation of mechanical and electromagnetic actua-
tors:

e 2x TensorMTQ-200m (integrated with
ADCS-MCB): Integrated -electromagnetic
coils that interact with the Earth’s magneto-
sphere. The MTQ-200m units handle the X
and Y axes.
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Fig. 40: TensorADCS-10m

e Air-Coil (integrated with ADCS-MCB):
Integrated electromagnetic coils that interact
with the Earth’s magnetosphere.The Air-Coil
manages the Z-axis.

® 2x  TensorCMG-10m-N: Two Control
Moment Gyroscopes serve as the primary
actuators. They exploit the gyroscopic effect
by tilting a spinning rotor’s momentum vec-
tor, providing high torque efficiency for fine
pointing.

The TensorADCS-10m is therefore a suitable
and high-performance hardware choice to sup-
port the operational requirements of the POWER
mission.

3.6 Thermal Control (TCS)

The thermal control analysis was conducted in
three sequential steps, with each step building on
and refining the results of the previous one. The
analysis initially employed an in-house MATLAB
code, while the final results were obtained using
the MATLAB CubeSat Thermal Power Toolbox.
The heat sources considered throughout the anal-
ysis include direct solar radiation, Earth infrared
radiation, and albedo effects; internal heat genera-
tion was additionally accounted for in the Thermal
Toolbox simulations. For the on-orbit thermal
exchange mechanisms, the satellite is assumed to
operate in a vacuum environment; therefore, con-
vective heat transfer is neglected. Heat exchange
between the spacecraft and the external envi-
ronment is assumed to occur exclusively through
radiation, while internal heat transfer is domi-
nated by conduction, with radiative exchange also
considered.

In the preliminary phase of the analysis, the
steady-state temperature of the satellite exter-
nal surfaces is estimated. This temperature is



Table 19: Comparison between POWER mission requirements and TensorADCS-10m performance spec-

ifications.
Parameter Requirement | TensorADCS-10m Specification | Outcome
Pointing Accuracy +2° 0.4° (Typical) Satisfied
Maximum Torque 1.79-107° Nm 1.0-1073 Nm Satisfied
Angular Momentum (H) | 1.13-1072 Nms 1.3-1072 Nms Satisfied
Slew Rate 0.1°/s 5°/s Satisfied
Detumbling (Dipole) 0.187 Am? 0.2 Am® (X/Y) + 0.1 Am? (Z) Satisfied

obtained by imposing a global thermal balance,
equating absorbed and emitted thermal power
densities under a set of simplifying assumptions.
An essential satellite model is adopted, in which
the overall geometry of a 3U cubesat is preserved
while each surface is assumed to be either fully
illuminated or fully in eclipse. The satellite is
further assumed to be isothermal, with no inter-
nal thermal exchanges modeled. This preliminary
analysis defines the conservative thermal bounds
for the spacecraft, the two worst-case thermal
scenarios: the worst-case cold condition, corre-
sponding to the minimum expected temperature
in the absence of external heat sources, and the
worst-case hot condition, corresponding to the
maximum expected temperature.

As a second step, the in-house MATLAB code
refines the analysis by predicting the satellite
temperature time history over the first year of
the POWER mission, using the orbital evolu-
tion to compute the effective incidence of the
external heat fluxes on the spacecraft surfaces.
Consequently, the model captures not only the
sunlit-eclipse alternation but also the gradual sea-
sonal variation of the temperature maxima and
minima.

The temperature is obtained by solving the
transient energy balance,

dr

me—- = Qin(t) — Qous(t), (38)

which is numerically integrated in time (Euler
scheme) as

(Qin,k - Qout,k) Atk

T =T
k+1 k+ e

(39)

In the model, the net incoming heat rate is
expressed as

Qin(t) = Qo (t) + Qam + Qrr, (40)

where the absorbed direct solar contribution is
computed as

Q@ (t) = aP SAP cos o(t) fsun(t)a (41)

with feun(t) € {0,1} accounting for eclipse peri-
ods, and 6(t) obtained from the instantaneous
Sun—spacecraft geometry. The albedo and Earth
infrared contributions are modelled as constant
terms in this intermediate step, consistent with
the adopted assumptions. Heat rejection to deep
space is represented by radiative emission,

Qout (t) = Qrad (t) = €eq Aeq g (T4 - Ts4pace) .
(42)

In this intermediate model, thermally relevant
parameters (e.g. absorptivity and emissivity) and
the solar constant are assumed time-invariant, and
the results depend on the assumed initial tem-
perature (Tp = 300K). Internal heat generation
and heat exchange between internal components
or facing surfaces are not included at this stage.

The initial thermal computations were per-
formed for two representative surface finish con-
figurations. In the first case, the spacecraft was
assumed to be entirely covered with polished alu-
minum, characterized by an absorptivity a = 0.15
and an emissivity ¢ = 0.05. As expected, this con-
figuration resulted in relatively high temperatures,
due to the limited radiative heat rejection capa-
bility associated with low-emissivity surfaces (Fig.
41).

To investigate a more realistic configuration,
a second simulation was conducted assuming all
external surfaces to be coated with a black ther-
mal coating, with a = 0.96 and ¢ = 0.91. This
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Fig. 41: One-year satellite temperature profile
with steady-state hot and cold limits (aluminum
finish).
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Fig. 42: One-year satellite temperature profile
with steady-state hot and cold limits (black coat-
ing finish).

configuration led to a more uniform temperature
distribution and reduced peak temperatures in the
worst-case hot scenario (Fig. 42). The correspond-
ing worst-case hot and cold results for both surface
finishes are reported in Table 20.

Table 20: Preliminary worst-case thermal condi-
tions.

Surface Worst Case Cold | Worst Case Hot
Finish

Aluminum 24.32 °C 113.11 °C
(polished)

Black- 13.17 °C 51.06 °C
coating

Based on these preliminary results, an initial
configuration of the thermal control system can
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be inferred, providing guidance on the selection of
suitable thermal control devices to maintain the
spacecraft temperature within the required limits.

In the final phase of the thermal analysis,
the MATLAB CubeSat Thermal Power Toolbox is
employed to increase the fidelity of the thermal
model and relax several simplifying assumptions
adopted in the preliminary analyses. A multi-
node geometry is implemented, allowing tempera-
ture gradients across the spacecraft structure and
removing the isothermal body assumption. While
the solar constant is assumed to be fixed and equal
to 1361 W/m?, the absorbed solar power varies in
time as a function of surface orientation and self-
shadowing effects, which are explicitly accounted
for by the toolbox.

3.6.1 Cubesat Model

After deployment, the CubeSat is modeled as
a 3U + 1U configuration. The 3U unit contains
the subsystems required for spacecraft survival,
whereas the 1U unit accommodates the receiving
portion of the payload. For simplicity in the ther-
mal modeling process, the two units are treated
as thermally independent, allowing their thermal
behavior to be analyzed separately.

® 1U unit (Fig. 43): the unit is modeled with
six external faces, one of which is finished with
a black thermal coating while the remaining are
in aluminum, and a single internal node. No
internal power dissipation is included in this
configuration, as the payload housed in the 1U
unit operates only during short-duration scien-
tific tests. Consequently, the thermal behavior
of the unit is entirely driven by external environ-
mental heat fluxes and by conductive coupling
between the internal node and the external
surfaces.

e 3U unit (Fig. 44): a more detailed ther-

mal model is adopted for this unit, as it hosts
thermally sensitive payloads and subsystems.
Distinct thermo-optical properties are assigned
to the external faces, and the presence of deploy-
able solar panels is explicitly accounted for. The
surface material selection is the result of multi-
ple iterative simulations, carried out to ensure
that both internal and external node temper-
atures remain within component operational
limits under all considered conditions, without
the need for active thermal control elements.
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Fig. 44: 3U cubesat model

The materials assigned to each external face are
summarized in Table 21.

Table 21: Thermo-optical material assignment
for the external faces of the 3U unit.

Face Surface Material
X+ Aluminum (polished)
X— Aluminum (polished)
Y+ White thermal coating
Y- Solar panel
Z+ Aluminum (polished)
Z— White thermal coating

3.6.2 Results

This section presents the simulation results
obtained over the first three months of on-orbit
operation. In particular, Fig. 45 shows the inter-
nal temperature evolution of the 1U unit, while
Fig. 46 and Fig. 47 report the internal tem-
perature and the external surface temperatures
of the 3U unit. For the latter, special atten-
tion is given to the temperature of the y- face,
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where the solar panels are located. Subsequently,
Table 22 summarizes the corresponding worst-case
thermal conditions by highlighting the maximum
and minimum temperatures extracted from the
distributions shown in the figures.
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Fig. 45: Internal temperature the 1U unit.
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Fig. 46: Internal temperature the 3U unit.
Table 22: Worst-case thermal conditions.
Worst Case Cold | Worst Case Hot
1U nnternal 23.37 °C 56.36 °C
3U T‘internal 22.17 °C 43.24 °C
Tsolar panels 10.3 °C 76.54 °C
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3.6.3 Thermal Requirements
Verification

To assess whether the thermal control system is
adequately effective using passive measures alone,
or whether additional mitigation strategies are
required, the predicted worst-case temperatures
are compared against the allowable operating tem-
perature ranges of the critical components, as
listed in the Table 23.

As expected from the adopted passive thermal
control system design, the predicted temperatures
at the internal nodes and on the solar panel
surfaces remain within the allowable operational
limits of all considered components. Consequently,
at this stage of the spacecraft design, no active
thermal control measures are considered necessary
for further thermal management.

Note that, these conclusions are necessarily
tied to the schematic level of the present satellite
model. A more detailed definition of the inter-
nal component layout and of the associated heat
fluxes may require refinements of the thermal
control strategy, including localized insulation of
thermally sensitive components and, if needed, the
introduction of active thermal control elements.

3.7 Radiation Environment Analysis

The space radiation environment represents one of
the most critical challenges for satellite missions,
as it directly affects the durability and function-
ality of onboard components. At the operational
altitude of 450 km in a Sun-Synchronous Orbit
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(SSO), the POWER CubeSat is exposed to a com-
plex combination of radiation sources, more specif-
ically, to particles trapped in the Earth’s magne-
tosphere (protons and electrons). The intensity of
these sources varies significantly as a function of
altitude, orbital inclination, and solar activity.

To ensure mission success, it is essential to
evaluate the total radiation dose that the satel-
lite will experience over its operational lifetime.
The analysis was carried out using the SPEN-
VIS (Space Environment Information System)
software, which allows modeling of the radiation
environment, estimation of absorbed doses, and
assessment of the shielding requirements needed
to protect sensitive components.

The characterization of the environment is
defined by the flux of charged particles and their
corresponding energy levels. For this analysis,
standard industry models were employed: AP-8
for protons and AE-8 for electrons, both set to
MAX mode to reflect the expected solar maximum
conditions.

By inputting the orbital parameters of the
POWER mission (450 km altitude, 97.2° inclina-
tion), the software calculated the averaged proton
and electron fluxes:

® Protons: The integral flux calculated for ener-
gies greater than 0.10 MeV is equal to 5.4436 x
102 em2s7!. The flux decreases significantly
with increasing energy, dropping to 1.2756 x 10*
em 257! for energies above 10 MeV.
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Fig. 48: Averaged spectra of trapped protons



Table 23: List of Components with Operational Temperatures.

Subsystem Component Tin (°C)  Thmaz (°C)
Supercapacitor -40 65
Variable Step-Down Reg. -40 125
Sync. Boost Converter -40 125
VCO -40 85
RF-to-DC (Rectenna) -65 150
Payload DC/DC Converter -40 125
Transmitting Antenna -40 125
Receiving Antenna -40 125
Power Amplifier -40 50
ADCS ADCS Box -35 70
Battery Pack 0 50
PCDU - Dock -35 85
EPS Array Conditioning Unit -35 85
Power Distribution Unit -35 85
Solar Panels -40 80
Solar Panels (deployed) -40 80
Transceiver -25 85
TT&C Antenna -20 50
OBDH OBC -30 85
TCS TBC — —

® Electrons: The electron flux is significantly
higher, with an integral value of 1.3418 x 10°
em~2s57! for energies greater than 0.04 MeV.
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The selected cells (Triple Junction GaAs Azur
3G30) were simulated with a front shielding thick-
ness of 100 um (cerium-doped borosilicate cov-
erglass). The results show a 1 MeV equivalent
electron fluence on the order of 10'® cm~2 after
365 days of mission. Since this value is signifi-
cantly lower than the critical damage threshold
for 3G30 cells (typically > 1014 cm~2), the maxi-
mum power degradation factor (Ppax) is negligible
(< 1%). Consequently, for the POWER mission
energy budget, there is no need to oversize the
solar panels to compensate for radiation damage
during the first year.

The Total Ionizing Dose (TID) analysis
was performed to assess the effectiveness of
aluminum shielding against the orbital radia-
tion environment. The results, obtained using
the SHIELDOSE-2 model and summarized in
Fig. 50, show the absorbed dose in silicon
(rad(Si)) over a 365-day mission period, consider-
ing absorber thicknesses ranging from 1.0 mm to
2.5 mm.

The data highlight a strong sensitivity of the
total dose to the shielding thickness, primarily



driven by the electron component. For a thick-
ness of 1.0 mm, the annual total dose amounts
to 581.74 rad, with more than 94% (551.95 rad)
attributed to trapped electrons. Increasing the
thickness to 1.5 mm results in a 49% reduction of
the dose, yielding 296.06 rad. In this configuration,
although the electron flux remains the dominant
source, the effectiveness of structural attenuation
is clearly evident.

As the thickness is further increased to 2.5 mm,
the total dose decreases to 103.50 rad. Beyond
2.0 mm, a change in the attenuation profile
is observed: while the contribution from elec-
trons and bremsstrahlung radiation continues
to decrease significantly, the contribution from
trapped protons exhibits a much slower reduction,
decreasing from 25.98 rad (at 1.0 mm) to 19.58 rad
(at 2.5 mm).

In conclusion, the analysis demonstrates that
an overall shielding thickness of 2.5 mm provides
a benign radiation environment for onboard elec-
tronics, reducing the annual exposure by more
than 80% compared to a minimal 1.0 mm shield-
ing and offering a substantial safety margin with
respect to the typical tolerance thresholds of
COTS components.
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Fig. 50: Dose as a function of shielding thickness

4 Conclusion

The POWER mission represents a significant step
forward in the validation of Wireless Power Trans-
fer technologies for space applications using a
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nanosatellite platform. The conceptual design pre-
sented in this paper demonstrates the feasibility of
integrating a high-power microwave transmission
payload within the strict size, weight, and power
(SWaP) constraints of a 3U CubeSat.

Key achievements of this Phase A study
include the definition of a rail-based deployable
architecture that mitigates the complexities of for-
mation flying while ensuring precise alignment
for WPT experiments. The preliminary electrical
power analysis confirms that the proposed hybrid
storage system, combining standard Li-Ion bat-
teries with a supercapacitor bank, is capable of
managing the 19.4 W peak load required dur-
ing transmission bursts, maintaining a healthy
Depth of Discharge on the main bus. Furthermore,
the thermal and radiation analyses validate the
resilience of the selected commercial-off-the-shelf
(COTS) components in the reference 450 km Sun-
Synchronous Orbit, with a passive thermal control
strategy proving sufficient to keep all subsystems
within operational limits.

While the current work establishes a solid
baseline for the mission feasibility, future Phase
B activities will focus on the consolidation of the
detailed design, the breadboarding of the RF recti-
fication chain, and the mechanical qualification of
the deployment mechanism. Ultimately, POWER
ailms to pave the way for a new generation of
service satellites capable of extending the opera-
tional life of orbital assets, directly contributing to
a more sustainable and efficient use of the space
environment.
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